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SIMULATION OF THE FLOW FIELD ASSOCIATED WITH
A ROCKET THRUSTER HAVING AN ATTACHED PANEL
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Nan-Suey Liu
National Aeronautics and Space Administration
Glenn Research Center
Cleveland, Ohio 44135

Abstract

The NCC [1] code has been used to predict the supersonic flows associated with the hot gas
exhaust of a H2-O2 thruster under a variety of hot fire conditions. The 2-D computational
domain includes part of the combustion chamber, the converging- diverging square nozzle, and a
flat panel attached to the lower surface of the nozzle exit. The predicted flow features include a
system of shocks, extended hot plumes, the computed surface pressure, and the surface
temperature along the ‘adiabatic’ flat panel. The measured surface pressure and surface
temperature along the ‘cooled’ panel are also presented.

1. Experimental Setup and the Geometry

The experimental set-up together with the rocket thruster is shown in Figure 1. A perspective
view of the geometry is shown in Figure 2. The geometry is symmetrical about a vertical plane
along the flow direction, as shown in Figure 2. It begins from midsection of the combustor,
0.22m ahead of the nozzle’s throat. The combustion chamber is a square duct. It is connected to
a converging-diverging nozzle with an exit area ratio (Ae/At) of 1.85. A diving board and a flat
panel (calorimeter) extend from the lower surface of the diverging nozzle [2]. Two vertical walls
forming an open channel bound the diving board and the flat panel. Pipes circulating cold water,
cool the thruster, the sidewalls, and the flat panel, as shown in Figure 1.
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2. Computational Domain

The computational domain is two-dimensional, with the boundaries being located very far from
the body of the thruster to minimize the influences of the imposed boundary conditions on the
thruster flow. In particular, the exit boundary is approximately fifteen meters downstream of the
nozzle’s exit, whereas the body length is approximately 0.62m. This is to ensure that the
computational domain contains the whole extent of the supersonic flow and that the flow is
subsonic at the exit plane. A close-up of the computational domain, together with the grid
distribution is shown in Figure 3.

Thruster Sidewall
nozzle

Square combustion chamber

Step Flat panel extension
/ Diving board

Plane of symmetry

Figure 2. Geometry of the thruster about the plane of symmetry
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Figure 3. Close-up of the computational domain and the grid distribution
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3. Boundary Conditions

The specified inlet boundary condition for the combustion chamber is: fixed inlet velocity,
density and temperature. The input for the chemistry model, mole fractions and the properties of
the combustion products are obtained from the NASA Glenn’s Chemical Equilibrium program
(CEA). It should be noted that the combustion is not simulated in the present effort. The
simulation is initiated with the combustion already complete. The fuel is gaseous H2 and the
oxidizer is gaseous O2. The product of the combustion is a mixture of gaseous H, HO2, H2,
H20, H202, O, OH, and O2. The mole fractions of these constituents are obtained from the
CEA code and are used to setup the mass fraction of the mixture.

The exit boundary is specified to be subsonic, and at ambient pressure.

The top and the bottom boundaries are far enough from the thruster that their influences on the
nozzle flow are negligible, for this reason and for minimizing grid points, these boundaries are
specified as symmetry planes which are similar to inviscid walls.

The left side boundaries above and below the combustion chamber’s inlet are air inlets

(see figure 3) with specified velocity, density, and temperature. The incoming fluid on these
boundaries are assumed to be air, with the velocity of approximately 6% that of the inlet velocity
of the mixture into the combustion chamber. This is done to account for the entrainment induced
by the plume for which no experimental value is measured. Along the walls, an adiabatic
condition is applied. For viscous flows, non-slip wall condition is used, while slip wall condition
is used in inviscid flows.

4. Grid Refinement

Several Navier-Stokes calculations are performed to determine the effects of the proximity of the
boundaries and the grid resolution on the flow field. To account for the grid resolution effects,
the grid is refined several times until no noticeable change in the computed flow field occurred;
and the final refined grid is used for the detailed computations. Figure 4 shows the computed
Mach number distribution for a refined grid of the Case Pc500—this case will be discussed in
detail later. Superimposed on Figure 4 are variation of the absolute pressure in the centerline
passed the nozzle exit and along the flat panel for a coarse grid (24,439 element) and a fine grid
(65,183 element). Clearly the fine grid captures more details of the flow variable quantities-here
the absolute pressure-in the high flow gradient regions across the shocks. In other areas, the
coarse grid and the fine grid results are identical. The results presented here are for the final
refined grid.

5. Description of the Simulation Cases

Using the National Combustion Code (NCC), four different cases are numerically simulated.
The inlet boundary conditions for these cases are presented in Tables 1 and 2. The gaseous
species and their mole fractions shown in Table 2 are obtained from the CEA code.
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Figure 4. Grid refinement effects

Table 1. Inlet condition for different simulations

Simulation Case Combustion Chamber | Combustion Chamber | Density Gaseous mixture
Pressure (psia) Temperature (°K) (Kg/m’)
Case Pc500 500 3564.64 1.687 H, HO2, H2, H20,
H202, O, OH, 02
Case Pc300 300 3202.67 0.83408 H,H2,H20,0,0H,02
Case Pc250 250 3184.96 0.69801 H,H2,H20,0,0H, 02
Case Pc130 130 2065.47 0.31552 H,H2,H20,0H
Table 2. Inlet gaseous mixture and mole fractions for different simulations
Case Pc500 Case Pc300 Case Pc250 Case Pc130
Gaseous Mole Gaseous Mole Gaseous Mole Gaseous Mole
species fractions mixture fractions mixture fractions mixture fractions

H 0.04898 H 0.03998 H 0.04169 H 0.00073

HO2 0.00011 H2 0.41148 H2 0.41054 H2 0.74738

H2 0.17736 H20 0.5272 H20 0.52370 H20 0.25187

H20 0.65444 (0) 0.00114 (0) 0.00123 OH 0.00003

H202 0.00002 OH 0.01963 OH 0.02022

[0) 0.01373 02 0.00057 02 0.00062

OH 0.08595

02 0.01942

Oxidizer Fuel Ratio o/f=4.5 o/f=4.5 o/f=2.0
(o/f)="1.0
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6. Case Pc500 Results

Case Pc500 has the most diverse flowfield characteristics, so this case is described in detail first.
Analyses of the other three cases are summarized later. All cases are computed using a 65,183-
element grid.

6.1. Viscous Results

To demonstrate the effects of viscous layer on the computed quantities on the flat panel, viscous
and inviscid calculations are performed. Viscous simulation results are presented first, followed
by inviscid results.

6.1.1. The Plume

Figure 5 shows the Mach number distribution for the entire domain, for the steady state solution.
A plume created by the flow leaves the combustor at approximately 16 degrees. It extends over
the entire length of the domain. A significant portion of the plume is supersonic.

M: 0.24 0.47 0,70 0.93 1.16 1,39 1,63 1,86 2,09 2.32 2,55 2,78 3,02 3,25 3.48

Figure 5. Mach number distribution
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A close-up of the Mach number distribution, in the vicinity of the nozzle’s exit is shown in
Figure 6. The temperature field for the computational domain is shown in Figure 7. The
temperature remains high along the plume for a long distance.

Figure 6. Close-up of the Mach number distribution

1367.35 1734.69 2102.04 2469.39

Figure 7. Computed temperature (°K) distribution
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A close-up of the temperature field is shown in Figure 8.

1367.35% 1734,69 2102.04 2469.39

Figure 8. Close-up of temperature (°K) distribution

6.1.2. Oblique Shock Waves

Examination of the flow field reveals formation of at least three oblique shock waves, as shown
in Figure 9. The first shock line is formed at the end of the inclined ramp where the supersonic
flow, coming off the nozzle, is forced to change direction. Note the formation of a re-circulation
zone in the step that separates the diving board and the flat panel. The second shock line, which
is much stronger, is formed towards the end of the horizontal flat panel where a relatively large
back pressure is imposed on the supersonic flow by the downstream ambient conditions. In front
of this shock the boundary layer increases in thickness. The adverse pressure gradient created by
the shock is sufficient to cause the flow separation, as evidenced in the inset. This shock makes
an angle of approximately 36 degrees with the panel, and directs the flow upward. The flow
between the first shock and the second shock is still highly supersonic and is being forced
upwards by the second shock. As it faces the relatively large ambient back pressure outside the
jet and above the flat panel, it adjusts to the ambient pressure via the creation of the third shock,
which starts from the upper edge of the nozzle’s exit and extends downstream, above and along
the bottom flat panel. This third shock directs the flow towards the right. The flow directed by
the second and the third shock is forced to leave the shock system above the panel at
approximately 16 degrees as it enters the ambient air.

The insets on the Figure 9 show the velocity vectors, superimposed on the Mach number
distributions, at the locations indicated by the arrows.

Figures 10 through 12 show the Mach number distribution, the pressure distribution and the
density distribution from the combustion chamber through out the flat panel. Superimposed on
these figures are the line plots of these variables as a function of the distance along the centerline
of the nozzle. The discontinuities of the fluid properties on the shock lines can be discerned
from these figures. It should be noted that effective viscosity, heat conduction, mass diffusion,
grid density and numerical dissipation effects tend to smooth out the discontinuities.
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Figure 9. Mach number distribution, shock waves, and boundary layer separation
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Figure 10. Mach number distribution, and Mach number variation as a function of position
along the centerline
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Figure 11. Pressure (gage) distribution, and pressure variation as a function of position
along the centerline
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Figure 12. Density distribution, and density variation as a function of position along the centerline

6.2 Inviscid Results

To determine the effects of the viscous boundary layer on the formation and the location of the
shocks, and on the wall temperature and pressure, a computation is performed solving the Euler
equations, where the viscous terms are not considered.

Distribution of the Mach number for inviscid results is shown in Figure 13. Note that the second
shock is moved farther down to the end of the flat panel.

Furthermore, since there are no viscous effects, the shocks are not diffused and therefore, are
better defined. Figures 13 and 14 show the sudden change in the value of the Mach number and
density along the lower wall, as the flow passes through the shock waves. Also, note the sharp
variation of the inviscid flow behavior near the diving board.
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Figure 13. Mach number distribution, and Mach number variation along the lower wall
for the inviscid simulation
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Figure 14. Density distribution, and density variation along the lower wall for the inviscid simulation
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6.3 Wall Temperature and Pressure

One of the goals of this study has been to determine the pressure and temperature distribution on
the lower wall surface, particularly that of the inclined ramp and the flat panel attached to it. For
the adiabatic wall condition, the temperature distributions along the lower surface, starting from
the inlet section, and ending on the end of the flat panel, for the viscous and for the inviscid
results are shown in Figures 15 and 16, respectively. The presence of the boundary layer in the
viscous calculations results in much higher wall temperature than the inviscid calculation.
Contours of temperature close to the walls of the inclined ramp and the flat panel are shown if
Figure 17. The contour levels for this figure are clipped between 2200 and 2976K, to exhibit the
temperature distribution and variation close to these walls.

Note the jump in the magnitude of the temperature immediately aft of the shock, near the end of
the flat panel. In the case of the viscous results (Figure 15), this jump in temperature is followed
by a steep drop, due to the boundary layer separation towards the end of the flat panel. In the
inviscid case (Figure 16), no separation has taken place on the panel and the temperature

stays high.

The pressure distribution on the walls for both viscous and inviscid results is practically
identical. The pressure (gage) distribution is shown in Figure 18. A more detailed close-up of
the pressure distribution illuminating the effects of the shock lines is given in Figure 19.

J500.C T
3000.0 1
2500.0 1

200C.0 T

T (K}

1500.0 1

100C.0 T

20C.0 -

Axial Dislance [mefers)

Figure 15. Temperature distribution, and temperature variation along the lower wall, viscous result

NASA/TM—2003-212347 12



3500 1

3000 T

2500 1

T (K]

2000 1

1500 T

1000

5w -

Axial Dislance [melers)

Figure 16. Temperature distribution, and temperature variation along the lower wall, inviscid result
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Figure 17. Contours of temperature distribution along the inclined ramp and the flat panel, viscous result
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Figure 19. Pressure distribution for the viscous simulation
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7. Cases Pc300, Pc250, and Pc150 Results

Figure 20 shows the Mach number distribution for the four cases. The operating conditions for
these cases are given in Tables 1 and 2. The extent and the direction of the plumes for different
operating conditions are also shown in this figure. The Case Pc500 exhibits the highest plume
angle. This is the case where the Mach number remains very high past the initial shock, aft of
the inclined ramp, and over the flat panel. The close-ups of the Mach number distributions,
demonstrating the structure of the shocks, are shown in Figure 21. Distribution of the computed
pressure on the surface of the flat panel and its related measurement are also shown in this figure.

Absolute pressure distribution and temperature distribution for all the cases are given in
Figures 22 and 23. These figures also show the distribution of pressure and temperature on the
flat panel.

Beyond the nozzle exit, the geometry is asymmetric about the nozzle centerline; and as a result,
the shock patterns are not symmetric. The amount of asymmetry in the shock pattern is a
function of the velocity of the jet exiting the nozzle. In the case of the Pc130, the exit velocity is
not high enough to create excessive asymmetry about the centerline of the nozzle. The typical
diamond shaped shock pattern still can be recognized. Two shocks originating from the corners
of the exit, cross one another, with the one originating from the top corner and directed towards
the bottom surface, deflecting on the flat panel and creating a weaker shock. The rise in the wall
pressure shown in the curve of Figure 21(d) demonstrates the effect of the deflected shock. As
the chamber pressure and consequently the exit velocity increases, the asymmetry becomes more
pronounced to the degree that the shock emanating from the top edge of the nozzle exit is
directed away from the panel as is in the case of the Pc300 shown in Figure 21(b) and eventually
it is parallel to the flat panel as is in the case of the Pc500 shown in Figure 21(a). However,
since this shock is directed away from the panel, the flow underneath it is still highly supersonic
and as it approaches the end of the panel, it encounters the large ambient pressure and reacts to it
by creating the third shock anchored to the surface. This third shock, in the case of the Pc500 is
strong enough to defect the flow to create the plume that leaves the panel at approximately

16 degree.
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(a) Pc500

(b) Pc300

Figure 20 (a-b). Mach number distribution and the plume direction for the Pc500, Pc300 cases
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(c) Pe250

(d) Pc130

Figure 20 (c-d). Mach number distribution and the plume direction for the Pc250, Pc130 cases
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Figure 21 (a-b). Mach number contours, computational pressure distribution, and related experimental
measurement along the wall for Pc500 and Pc300 cases
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Figure 21 (c-d). Mach number contours, computational pressure distribution, and related experimental
measurement along the wall for the Pc250 and Pc130 cases
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Figure 22 (a-b). Pressure contours and pressure distribution along the wall for Pc300 and Pc500 cases
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Figure 22 (c-d). Pressure contours and pressure distribution along the wall for Pc130 and Pc250 cases
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8. The Related Experimental Measurements

For the 3-D, water-cooled test rig (see Figure 1), pressure and temperature values are measured
at several locations for the four chamber conditions presented above [3]. Pressure is measured at
three locations along the two sidewalls immediately above the flat panel. The vertical sidewalls,
looking upstream, are termed here the right wall and the left wall. Temperature on the surface of
the flat panel (calorimeter) is measured via thermocouples located on three rows, along the
surface, with each row containing three points.

A 2-D drawing [3] showing the approximate locations at which pressure and temperature
measurements are made is shown in Figure 24.

Computational and the related experimental results are tabulated in Tables 3 through 10.
Comparison of the computed pressure distribution on the surface of the flat panel and the related
measurement is shown in Figures 21 (a) to (¢). The computed temperature distribution on the
flat panel and its related measurement is given in Figures 25 (a) to (c). As mentioned above, the
measured temperature values on the panel are those of the solid copper (except for Case Pc250
where a less conductive composite material is used) which is cooled via the flow of high pressure
water (900 psia) through channels drilled inside the copper flat panel [2], whereas the computed
values are for the hot gas flow above the panel and assuming the adiabatic wall condition.
Nevertheless, the computed results clearly demonstrate the trend.

It should be recognized that the numerical simulation is 2-D and the possible 3-D effects that
may be important are not considered in the computations.
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j T+ Pressure gages
> | Inclined ramp |
0—-
¥ v
_ '\ A /V
-0.05—+
J ‘ Thermocouples ‘
| | | | | | |
0.3 0.4 0.5 0.6
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-0.1=

Figure 24. Position of the thermocouples and the pressure gages on the surface of the
flat panel (calorimeter) and on the sidewalls
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Table 3. Experimental and computational pressure for the Case Pc130
Measurement: 3-D and cooled walls
Computation: 2-D and adiabatic

PRESSURE PORTS X Y, V4 ABS. PRESSURE ABS. PRESSURE
(meters) (meters) (meters) MEASURED (Pa) | COMPUTED (Pa)

IPI (left wall) 0.3073 -0.0234 -0.02921 89882.68 100179.34

IP4 (vight wall) 0.3073 -0.0234 0.02921 92478.21

1P2 (left wall) 0.4229 -0.0234 -0.02921 161943.04 131969.20

IP5 (right wall) 0.4229 -0.0234 0.02921 153265.97

IP3 (left wall) 0.5384 -0.0234 -0.02921 85611.01 88286.70

1P6 (right wall) 0.5384 0.02921 83578.43

Table 4. Experimental and computational temperature for the Case Pc130
Measurement: 3-D and cooled walls
Computation: 2-D and adiabatic
THERMOCOUPLES X, Y, 7 AVG. TEMPERATURE TEMPERATURE
(meters) (meters) (meters) MEASURED (°K) COMPUTED (°K )
( top surface of the flat panel) (top surface hot gas adiabatic
TCI3 0.334 -0.0267 -0.01905 1650.15
360.60

TC14 0.334 -0.0267 0.0
TCI15 0.334 -0.0267 0.01905
TCI6 0.41839 -0.0267 | -0.01905 1742.49
TC17 0.41839 | -0.0267 | 0.0 406.1
TC18 0.41839 | -0.0267 0.01905
TC19 0.50218 | -0.0267 -0.01905 1695.16
TC20 0.50218 | -0.0267 | 0.0 395.9
TC21 0.50218 -0.0267 | 0.01905
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Table 5. Experimental and computational pressure for the Case Pc250

Measurement: 3-D and cooled walls
Computation: 2-D and adiabatic

PRESSURE PORTS

X (meters) | Yimeters Zmeters) MBASURED (P | COMPUTED tPa)
1Pl 0.3073 -0.0234 -0.02921 | 107558.00 203054
P4 0.3073 -0.0234 0.02921 103422.00
P2 0.4229 -0.0234 -0.02921 | 78600.00 58062
P5 0.4229 -0.0234 0.02921 | 73084.59
1P3 0.5384 -0.0234 -0.02921 | 88942.57 37081
1P6 0.5384 -0.0234 0.02921 | 90321.52

Table 6. Experimental and computational temperature for the Case Pc300
Measurement: 3-D and cooled walls
Computation: 2-D and adiabatic

THERMOCOUPLES X Y, 7 AVG. TEMPERATURE TEMPERATURE
(meters) (meters) (meters) MEASURED (°K) COMPUTED (°K)
( top surface of the flat panel) (top surface hot gas adiabatic
wall)
TCI3 0.334 -0.0267 -0.01905
1718.33
TC14 0.334 -0.0267 0.0 ! 2664.42
TC15 0.334 -0.0267 0.0254
TCi6 0.41839 | -0.0267 | -0.01905
TC17 0.41839 | -0.0267 | 0.0 1420.00 2389.63
TC18 0.41839 | -0.0267 | 0.0254
TC19 0.50218 -0.0267 | -0.01905
1222.78
TC20 0.50218 | -0.0267 | 0.0 2220.93
TC21 0.50218 | -0.0267 | 0.0254
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Table 7. Experimental and computational pressure for the Case Pc300
Measurement: 3-D and cooled walls
Computation: 2-D and adiabatic

PRESSUREPORTS | X metersy | Yomewersy | Zametery | pasURED (P | COMPUTED (Pay
Pl 0.3073 20.0234 002921 | 223579.55 239789.00
P4 0.3073 20.0234 002921 | 176508.25
P2 0.4229 20.0234 002921 | 77957.82 69217.40
IpPs 0.4229 200234 002921 | 83290.92
P3 0.5384 20.0234 002921 | 56738.26 66336.50
1P6 0.5384 20.0234 0.02921 | 79069.25
Table 8. Experimental and computational temperature for the Case Pc300
Measurement: 3-D and cooled walls
Computation: 2-D and adiabatic
THERMOCOUPLES X(meters) Y(meters) Z(meters) AVAGI.EZ l::gﬂ;ﬁggA(Z IgRE g gﬂﬂ;ﬁg% ; Iﬂ;{E)
(10p surfuce of the la panel) | (top surface hot gus adiabati
TC13 0334 | -0.0267 | -0.01905
TCl4 0334 | -00267 | 0.0 483.22 2683.69
TCl5 0334 | -00267 | 0.0254
TC16 0.41839 | -0.0267 | -0.01905
TCl7 041839 | -0.0267 | 0.0 361.85 2457.97
TC18 041839 | -0.0267 | 0.0254
TC19 0.50218 | -0.0267 | -0.01905
TC20 0.50218 | -0.0267 | 0.0 344.83 2354.68
TC21 0.50218 | -0.0267 | 0.0254
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Table 9. Experimental and computational pressure for the Case Pc500
Measurement: 3-D and cooled walls
Computation: 2-D and adiabatic

PRESSURE PORTS | y (meters) Y meters) Zmeters) ABS. PRESSURE | ABS. PRESSURE
MEASURED (Pa) | COMPUTED (Pa)

IP1 0.3073 -0.0234 -0.02921 288744.12 399950.00

IP4 0.3073 -0.0234 0.02921 399196.99

P2 0.4229 -0.0234 -0.02921 149621.39 116566.20

IPS5 0.4229 -0.0234 0.02921 127154.09

1P3 0.5384 -0.0234 -0.02921 79851.12 46630.60

IP6 0.5384 -0.0234 0.02921 68947.73

Table 10. Experimental and computational temperature for the Case Pc500
Measurement: 3-D and cooled walls
Computation: 2-D and adiabatic

( top surface of the flat panel) | (top surface ho;l,fas adiabatic
TCI3 0.334 20.0267 | -0.01905 .
TCl14 0.334 20.0267 | 0.0 483.22 2683.69
TCI5 0334 | -0.0267 | 0.01905
TCI6 0.41839 | -0.0267 | -0.01905
TCI17 0.41839 | -0.0267 | 0.0 361.85 2457.97
TCIS 0.41839 | -0.0267 | 0.01905
TCI9 0.50218 | -0.0267 | -0.01905
TC20 0.50218 | -0.0267 | 0.0 344.83 344.83
TC21 0.50218 | -0.0267 | 0.01905
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9. Conclusions and Suggested Future Plans

Two-dimensional Euler and Navier-Stokes simulations are performed to obtain the flow field
induced through a rocket thruster of Cell 22 at NASA Glenn Research Center, using the NCC
code.

The simulations have captured details of the flow field, such as the plume formation and
expansion, formation of the shock waves and their effects on the temperature and pressure
distributions on the walls. The effect of the viscous boundary layer on the wall temperature is
clearly demonstrated, and consequences of using more simplified models such as the method of
characteristics (MOC) or the inviscid-flow assumption are evident.

The present study determines the appropriate parameters (i.e. boundary conditions, proximity of
the boundaries to the thruster and the panel attached to it, the grid resolution, etc.) for the set-up
and successful execution of the NCC code. The two-dimensional domain was chosen, for fast
turn-around, minimizing computational requirements and for determination of these parameters.
Once these parameters are determined, change in any of them can be accommodated with
relative ease in the future runs.

Despite the fact that the computations were performed on a 2-D grid and the walls are adiabatic,
the comparison of the computed and the related measurements for 3-D and cooled walls showed
that the results of the simulations are consistent with those obtained from the related rig tests. To
compute effects of the wall cooling on the temperature distribution and to calculate the heat
fluxes on the cooled flat panel requires implementation of a conjugate heat transfer into the code.
Efforts are being undertaken to incorporate this option.

Using the knowledge gained from the 2-D results, it is suggested to expand the simulations to a
3-D domain. The 3-D computations will consider the effects of the sidewalls on the flow field,
shock waves, and the pressure/temperature distributions on the walls. Furthermore, a conjugate
heat transfer calculation will provide heat fluxes between the gaseous fluid and the solid
boundaries of the flat panel and will give temperature distribution on the flat panel.
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